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AERODYNAMIC CHARACTERISTICS OF 
THE 10-PERCENT-THICK NASA 
SUPERCRITICAL AIRFOIL 33 DESIGNED FOR A 
NORMAL-FORCE COEFFICIENT OF 0.7 
By Charles D. Harris 
Langley Research Center 

SUMMARY 

A 10-percent-thick supercritical airfoil based on an off-design sonic- 
pressure plateau criterion has been developed and experimental aerodynamic 
characteristics measured. The airfoil had a design normal-force coefficient 
of 0.7 and was identified as supercritical airfoil 33. Results show the air- 
foil to have good drag rise characteristics over a wide range of normal-force 
coefficients with no measurable shock losses up to the Mach numbers at which 
drag divergence occurred for normal-force coefficients up to 0.7. Comparisons 
of experimental and theoretical characteristics were made and composite drag 
rise characteristics were derived for normal-force coefficients of 0.5 and 0.7 
and a Reynolds number of 40 million. 

INTRODUCTION 

Continued development of supercritical airfoil technology has resulted in 
recognition of design criteria which permit the design of family related super- 
critical airfoils. Based on these criteria, two supercritical airfoils have 
been designed - the 10-percent thick airfoil 33 reported herein and the l4- 
percent-tbick airfoil of reference 1. The design normal-force coefficient was 


0.7 for both airfoils 
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SYMBOLS 01' • 

Values are given !n bath SI and O.S. Customary Units. Measurements and 
calculations are made in U.S. Customary Units. 

c p pressure coefficient, p \ “ p <u 

%> 

^P, sonic pressure coefficient corresponding to local Mach number of 1.0 

chord of a irfoil, 63.5 centimeters ( 25.0 inches) 
c d section drag coefficient 
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drag increment due to shock wave losses 
section lift coefficient 


section pitching-moment coefficient about the quarter-chord point 


section normal-force coefficient 


surface curvature, reciprocal of local radius of curvature 
Mach number 

surface slope, dy/dx 

static pressure, newtons per meter 2 (pounds per foot 2 ) 
total-pressure loss, newtons per meter 2 (pounds per foot 2 ) 


dynamic pressure, newtons per meter 2 (pounds per foot 2 ) 

Reynolds number based on airfoil chord 

ordinate along airfoil reference line measured from airfoil leading 
edge, centimeters (inches) 


ordinate normal to airfoil reference line, centimeters (inches) 


vertical distance in wake profile measured from bottom of rake. 


centimeters (inches) 

geometric angle of attack of airfoil reference line, degrees 



a 


Subscripts : 


local point on airfoil 
undisturbed stream 




apparatus and techniques 

Model Configuration 

The supercritical airfoil basic concept and detailed design philosophy are 
discussed in reference 2. 

B ackground .- During initial phases of the two-dimensional supercritical 
airfoil development program, emphasis was placed upon developing a 10-percent- 
thick airfoil with the highest drag divergence Mach number attainable at a 
normal-force coefficient of 0.7. The normal-force coefficient of 0.7 was chosen 
as the design goal since, when account was taken of the sweep effect, it was 
representative of lift coefficients at which the advanced technology near-sonic 
transports utilizing the supercritical airfoil concept were then expected to 
cruise. These initial phases resulted in supercritical airfoil 11 which has 
been reported in reference 3. This airfoil exhibited an undesirable creep or 
gradual increase in the variation of drag coefficient with Mach number of about 
14 counts (c d increment of 0.0014) between M = 0.50 and the drag divergent Mach 
number at the design normal-force coefficient. 

Subsequent design studies of advanced technology transport configurations 
suggested that the near-sonic cruise lift coefficient requirements would be 
somewhat lower than originally anticipated. Consequently, the improved super- 
critical airfoil 26 a (ref. 4) was developed with a design normal-force coeffi- 
cient of about 0.55. The wind-tunnel tests required for this airfoil also pro- 
vided the opportunity to explore the drag creep p, oblem noted with airfoil 11, 
Airfoil 26a had no drag creep at normal-force coefficients up to about 0.6 and 
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range of test conditions. These design criteria consist essentially of three 
principal guidelines which may be used in designing supercritical airfoils. 
There are several additional, more detailed, design guidelines (treatment of 
leading and trailing edges, and local minimum thickness constraints, for ex- 
ample) which are beyond the intended scope of this report and will be discussed 
in a later report. 

The first principal guideline, referred to as the sonic plateau criterion, 
is that at some incremental normal-force coefficient below the design normal- 
force coefficient the pressure distribution on the upper and lower surfaces 
be flat with the upper surface pressures just below the sonic value. The in- 
crement is a function of the design normal-force coefficient and appears to be 
about - 0.25 to -0.30 for a design normal-force coefficient of 0.7, 

On the upper surface the plateau extends from near the leading edge to 
the start of the aft pressure recovery and on the lower surface from near the 
leading edge to the recompression region entering into the cusp. The rearward 
extent of the upper surface plateau is determined by the second principal design 
guideline which requires that the gradient of the aft pressure recovery be 
gradual enough to avoid separation problems for lift coefficients and Mach 
numbers up to the design value. Consequently, the rearward extent of the 
upper surface plateau would depend on thickness ratio since the thicker the 
airfoil, the higher the induced velocities from which the flow must recover 
and, therefore, the further forward the aft pressure recovery must begin. The 
upper surface plateau extends from approximately 3- to 80 -percent chord on the 
•10-percent-thick airfoil 33 and approximately 5- to 66-perccnt chord on the 
1 4 -perc ent -thick airfoil of reference 1. 


The third principal guideline requires that the airfoil have sufficient 
aft camber so that at design conditions the angle of attack be about zero. 

This prevents a too-forward location of the upper surface crest with the nega- 
tive pressure coefficients over the mid-chord region acting over a rearward 
facing surface. Both experiments and theoretical analyses (ref. 6) have in- 
dicated that an increase in angle of attack to positive values results in an 
abrupt increase in wave drag. 

Based on these criteria two supercritical airfoils were designed - the 
lU-percent-thick airfoil reported in reference 1 and the 10-percent-thick air- 
foil 33 reported herein. The design normal-force ’oefficient was 0.7 for both 
airfoils. An iterative design process was used which consisted of altering 
the airfoil coordinates until the viscous, airfoil analysis program of refer- 
ence 6 indicated that the aforementioned design criteria had been satisfied. 
Geometric characteristics of the experimental 10-percent— thick airfoil 33 are 
presented in figures 1 and 2 and compared with those of the earlier 10-percent- 
thick airfoil 31 (ref. 5)« Measured section coordinates of both airfoils are 
presented in table I. 

The incremental ordinates between airfoils 31 and 33 delineated in table I 
show that the ordinates were modified over the forward upper and lower surfaces, 
decreased over the rear upper surface, and increased in the vicinity of the 
80-percent chord on the lower surface, deferring to the pressure distribution 
for airfoil 31 which approaches the off-design sonic-plateau criterion (fig. 15(c) 
of ref. 5; M = O.76 and c n - 0,1*6), the alterations over the upper surface and 
forward lower surface were necessary to obtain the desired plateau pressure 
distributions and to reduce the upper surface aft pressure recovery gradient. 

The ordinates on the rear lower surface were increased, with the maximum increase 
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at 80-percent, to provide increased depth for control surface and flap structur- 
al requirements. Subtracting from the upper surface and adding to the lower 
surface over the aft portion of the airfoil in this manner reduced the aft cam- 
ber and, therefore, increased the angle of attack required to achieve a given 
normal-force coefficient. The ordinates on the lover surface were progressively 
increased until the third design criterion was met; that is, that the angle of 
attack required for the uesign normal-force coefficient of 0.7 was approxi- 
mately 0°. 

Since the best drag characteristics are often obtained on airfoils with a 
small amount of upper surface trailing-edge separation and since theoretical 
treatments of the flow at trailing-edge regions are generally unreliable, theo- 
retically-predicted flow separation at the 98-percent chord location was accepted 
during the design process. Attempts to achieve a more rearward location of theo- 
retical separation by reducing the aft pressure recovery gradient would have 
forced the rear terminus of the sonic plateau forward, resulting in higher induced 
velocities in the plateau region and a probable reduction in drag rise Mach number. 

Wind-tunn el model .- The coordinates of the experimental airfoil 33 deviated 
slightly from the design profile (not presented). On the upper surface, the 
deviation was nowhere greater than Ax/c - 0.0003 and generally less than 0.0001. 

On the lower surface, deviation was somewhat greater; as much as 0.0009 on the 
forward region. These small deviations should not significantly affect the 
results. 

Irregularities in the curvature distributions (fig. 2) are due to small 
surface irregularities that become greatly exaggerated when examined from the 
standpoint of local curvature. Such irregularities are not as apparent in the 
slope distributions (fig. 2). Both airfojls included a trailing-edge cavity 


(see the insert in fig. 1 and the photographs of fig. 3) which had a favorable 
effect on the wake as discussed in reference 3. 

The wind-tunnel models, mounted in an inverted position, spanned the width 
of the tunnel with a span-chord ratio of 3.1*3. They were constructed with metal 
leading and trailing edges and a metal core around which plastic fill was used 
to form the contours of the airfoils. Angle of attack was changed manually by 
rotating the model about pivots in the tunnel sidewalls. A photograph and a 

drawing of a typical airfoil model installed in the tunnel are shown in figures 
3 and 4, respectively. 

Wind Tunnel 

The investigation was conducted in the Langley 8-foot transonic pressure 
tunnel (ref. 7). This tunnel is a continuous-flow, variable-pressure wind 
tunnel with controls that permit the independent variation of Mach number, 
stagnation pressure and temperature, and dewpoint. It has a 2.l6-meter-square 
(85.2-inch-square) test section with filleted corners so that the total cross- 
sectional area is equivalent to that of a 2.44-meter-diameter (8-foot-diameter) 
circle. The upper and lower test-section walls are axially slotted to permit 
testing through the transonic speed range. The total slot width at the position 
of the model averaged about 5 percent of the width of the upper and lower walls. 

The solid 3idewalls and slotted upper and lower walls make this tunnel 
well suited to the investigation of two-dimensional models since the sidewalls 
act as endplates and the slots permit development of the flow field in the 
vertical direction. 

Boundary-Layer Transition 

Based on the technique discussed in reference 8, boundary-layer transitio. 
was fixed along the 28-percent chord line on the upper and lower surfaces of 


the models in an attempt to simulate full-scale Reynolds numbers by providing 
the same relative trailing-edge boundary-layer displacement thickness at model 
scale as would exist at full-scale flight conditions. The simulation technique, 
which requires that laminar flow be maintained ahead of the transition trip, is 
limited to those test conditions in which shock waves or steep adverse pressure 
gradients occur behind the point of fixed transition so that the flow is not 
tripped prematurely. The transition trips consisted of 0.25-cm-wide (0. 10-in. ) 
bands of No. 90 Carborundum grains. Analysis of drag and boundary-layer dis- 
placement thickness at the trailing edge theoretically computed using reference 
6 indicated that the simulated full-scale Reynolds number was around U0 million 
rather than the 20 to 30 million quoted for earlier supercritical airfoil in- 
vestigations (ref. 3, for example). 

Measurements 

Surface— pressure measurements .— Normal force and pitching moments on the 
airfoils were determined from surface static— pressure measurements. The surface- 
pressure measurements were obtained from a chordwise row of orifices located 
approximately 0.32c from the tunnel center line. Orifices were more concen- 
trated near the leading and trailing edges of the airfoil to define the pressure 
gradients in these regions. In addition, a rearward facing orifice was included 
in the cavity at the trailing edge (identified at an upper surface x/c location 

of 1.00). The transducers used in the differential pressure scanning valves to 

2 

measure the static pressure at the airfoil surface had a range of +68.9 kN/m 
(10 lb/in 2 ). 

Wake meas urement s . — Drag forces were determined from vertical variations 

” of the total and static pressures measured across the wake with the profile drag 
rake shown in figure U(b). The profiles, schematically illustrated in figure 5, 

* represent the momentum losses as indicated by stagnation-pressure deficits 
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across the wake. The middle seetion of these profiles reflects viscous ash 
separation tosses in the bounty layer, whereas the "wings" of the profile re- 
flect direct losses in stagnation pressure across the shock waves. 

The rake was positioned in the vertical center-line plane of the tunnel, 
approximately 1 chord length rearward of the trailing edge of the airfoil. The ' 
total-pressure tubes were flattened horisontally and closely spaced vertically 
(0.36 percent of the airfoil chord) in the region of the wake associated with 
Skin-friction boundary-layer losses. Outside this region, the tube vertical 
spacing progressively widened until in the region above the wing where only 
shock losses were anticipated, the total-pressure tubes were spaced apart about 
7.2 percent of the chord. Static-pressure tubes were distributed as shown in 
figure Mb). Each static pressure measured was used over a section of the rake 
to determine local flow conditions in the vicinity of the static-pressure tube 
rather than using an average of all the static pressures measured. The rake 
was attached to the conventional center line sting mount of the tunnel; this 
arrangement permitted it to be moved vertically to center the close concentra- 
tion of tubes in the boundary-layer wake. The transducer in the differential- 
pressure scanning valve connected to total-pressure tubes interned to measure 
boundary- layer losses had a range of ± 1 7 . 2 W m 2 lb/in 2 ), and the trans- 
ducers in the valves for measuring shock losses and static pressure had a range 


Of +6.9 kN/m 2 (1 lb/in 2 ). 


Reduction of Data 


Calculation of e„ and c_- Section normal-force and pitching-moment coeffi- 
cients were obtained by numerical integration (based on the trapesoidm method) 
Of the local surface-pressure coefficient measured at each orifice multiplied by 
an appropriate weighting factor (incremental area). 




Calculation of e, - To obtain auction drug coumcienta, point drag coeffl- 
ciunta were computed for each total-preaaurc meaaurement in the vake by using 
the procedure of reference 9. Thuae point drag coefficients were then summed 
by numerical integration across the wake, again based on the trapezoidal method 
Drag increments due to shock wave losses (Ac^) were determined from integra- 
tion of the drag measured across the wings (fig. 5 ) of the wake profile. 

Wind-Tunnel-Wall Effects 

Because of the uncertainty in lift-induced interference effects and solid 
and wake bloekage effects (particularly in the presence of local supercritical 
flow) no corrections for wall effects have been applied to the basic experi- 
mental data. Adjustments for blockage were applied to the composite drag rise 
data and are explained in the Discussion section. 

TEST CONDITIONS 

Tests were conducted at Mach numbers from 0.50 to 0.82 for a stagnation 
pressure of 0.1013 M/m 2 (1 atm). The stagnation temperature of the tunnel air 
was automatically controlled at approximately 322 K (120°F) and the air was 
dried until the dewpoint in the test section was reduced sufficiently to avoid 
condensation effects. Resultant test Reynolds numbers based on the airfoil 
chord length were as shown in figure 6 . 

PRESENTATION OF RESULTS 

The experimental data reported herein are presented in the following 
figures: 

Figure 

Force and moment characteristics » 

* • * f 

Variation of measured section drag coefficient with Mach number. ... 8 

* D** 8 # increment due to shock-wave losses 
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Composite drag curves 

Chordwise pressure distributions at - 


Figure 
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M = 0.50 
M = 0.60 
M = 0.70 


M = 0.7^ 

M = 0.76 15 

M = 0-77 

M = 0.78 

M = 0.79 

M = 0.80 19 

M = 0 . 8l .... 1|l(aa>aa on 


Comparisons of theoretical and experimental characteristics for - 

M = O.76, c n = O.Ulk 22 

M = 0.79, c n = 

M = 0.77, c n = 0.707 2h 

Complete surface pressure distributions for the earlier 10-percent-thick 
supercritical airfoil 31 are presented in reference 5 and for the family related 
lU-percent-thick airfoil in reference 1, 


DISCUSSION 

Measured Aerodynamic Characteristics 

Sonic plateau .- Figure 15(c) indicates how close the analytically designed, 
experimental 10-percent-thick airfoil 33 came to satisfying the off -design sonic 
plateau criterion for M = Q.76 and c^ = O.Ul. Irregularities in the plateau 


pleasures are due to small surface imperfections which become greatly exagger- 
ated when the flow is right on the verge of sonic velocity. The upper surface 
plateau extends from approximately 3- to 8 O-percent chord and comes much nearer 
to satisfying the sonic-plateau criterion than that for airfoil 31 (ref. 5). 

The aft pressure recovery gradient is considerably reduced and the trailing- 
edge pressure recovery more positive, compared with airfoil 31. 

The characteristic supercritical pressure distribution at near design 
conditions (slightly decelerating upper surface velocities terminated by a very 
weak recompression near the midchord and followed by a near-sonic plateau be- 
fore entering the final trailing -edge pressure recovery) for an angle of attack 
near the design value of 0° (fig. 2^) occurs at the experimental conditions of 
M = 0.77 and = 0.71 (fig. 16(f)), The increment between normal -force coeffi- 
cients at design and off-design sonic plateau conditions is, therefore, about 
- 0.25 to -0.30 as suggested. 

Measured drag characteristics .- Figure 8 indicates that although airfoil 
33 had slightly lower drag divergence Mach numbers than airfoil 31 because of 
earlier onset of shock losses (fig. 9), the drag characteristics of airfoil 33 
preceding drag divergence were much improved compared to those of airfoil 31. 

The improved drag characteristics preceding drag divergence are associated 
primarily with reduced aft adverse pressure gradients which result in less 
profile drag. The increased wave losses are associated with the more positive 
angle of attack required to achieve the same normal -force coefficients as air- 
foil 31 because of the reduced aft camber and with the influence of the increased 
curvature over the upper surface mid-chord region (fig. 2(a)). These increased 
wave losses occur at conditions beyond the design conditions however, and were 
^tolerated in exchange for enhanced performance preceding drag divergence. 


The apparent dips in the dra<? rise curves (fig. 8) should not be inter- 
preted as being due to reductions in shock losses as the design Mach number is 
approached. At c n = 0.7, for example, there is a dip near M = 0.77 but there 
are no shock losses evident (fig. 9) below M = 0.77. In an attempt to simulate 
full scale Reynolds numbers for the design Mach number, boundary-layer transi- ' 
tion trips were fixed at 28-percent chord. At M * 0.70, the pressure distri- 
bution for ~ n « 0.7 (fig. 13) was such that laminar flow could not be maintained 
back to the trip. The higher drag level preceding M = 0.77 was, therefore, due 
to premature boundary-layer transition with greater skin friction drag than 
there would have been if laminar flow could have been maintained back to the 
trip at 28- P ercent chord. Higher drag levels preceding the dip are not asso- 
ciated with increased form drag due to separation effects since no losses in 
trailing-edge pressure recovery were evident. 

M easured pitching-moment c h aracteristics .- The negative or leading edge 

down pitching moments of airfoil 31 (fig. 7) were reduced by about Ac =0.01 

m 

because of the reduced aft camber incorporated into airfoil 33. At design 
conditions (M * 0,78 and c n = 0.7 for airfoil 33 (fig. 7), and M % 0.7U and 
c n " 0,7 for the ^-percent-thick airfoil of reference l) pitching-moment coeffi- 
cients were practically the same for the family related 10- and 14 -percent 
airfoils. 

Comparison With Theory 

Correction was established between experimental and theoretically pre- 
dicted data using the viscous, analysis program of reference 6. Representative 
results are presented in figures 22 to 24. Since the viscous analysis program 
was known to overpredict trailing-edge pressure recovery, Mach number was varied , 
to achieve the best matches of the theoretical and experimental pressure 


distributions over the forward regions of the airfoil and shock wave locations 
for given normal-force coefficients. The results indicate the Mach number and 
angle of attack adjustments needed to correct for tunnel wall interference 
effects. 

When the flow over the model is subcritical (fig. 22, for example) the 
blockage or Mach number correction required to match the experimental and theo- 
retical pressure distributions over the forward region of the airfoil are small 
and tend to agree with what would be predicted by subcritical theory (ref. 10, 
for example). When substantial amounts of supercritical flow begin to appear 
over the airfoil blockage corrections become significant as indicated by figures 
23 and 2k. 

Attention must be called to two important points in the correlations shown 
in figures 22 to 2k. The total theoretical drag calculated by the viscous, 
analysis program of reference 6 is calculated in two parts; profile drag, con- 
sisting of skin friction and form or pressure drag, and the contribution of 
wave drag which exists in supersonic flow. Experience has indicated that be- 
cause of overprediction of wave losses the total theoretical drag tends to 
become too large as soon as supercritical flow appears on the airfoil. Con- 
sequently, the theoretical drag shown in figures 22 to 2k is that drag associ- 
ated with only profile drag and agrees well with the experimental drag. If the 
wave losses as calculated by the method of reference 6 were taken into account, 
the theoretical drag would he greater than the experimental drag by 0.0010 and 
0.0019 for figures 23 and 2k respectively. 

The second point which must be made concerning the correlation figures 
pertains to the position of boundary-layer transition specified for the theo- 
retical data. Reference 6 neglects the laminar portion of the flow ahead of 



the transition point. Because of the lengthy run of laminar flow (28-percent) 
and its affect on the turbulent boundary-layer development on the model, the 
neglected laminar boundary had to be taken into account. This was accomplished 
by specifying a transition point forward of 28-percent chord in the theoretical 
calculations to get better agreement between the theoretical and experimental 
drag for flow conditions with no supercritical flow (tero wave losses) and 
Where the experimental transition occurred at 28-percent chord. The theoreti- 
cal calculations shown in figures 22 to 2k were, therefore, calculated for 
tunnel Reynolds numbers with transition fixed at 2k- p ereent chord. 


Composite Drag and Angle-of-Attack Characteristics 
£ra£.- A combination of experimental and theoretical drag characteristics 
for airfoil 33 is shown in figure 10 in order to synthesize a realistic drag 
rise curve for a full-scale Reynolds number. Theoretical drag values (solid 
line) based on ko million Reynolds number and boundary-layer transition at 3- 
percent chord are used for Mach numbers up to the Mach number at which stock 
losses become evident in the experimental data. Because of the inaccuracy of 
the theoretical wave losses, experimental drag values (dashed line) are used 
beyond that point. The experimental and theoretical drag agree at the 'junction 
of the solid and dashed lines. The nominal Mach numbers for the experimental 
data were reduced by the increments indicated by figures 23 and 2k to be re- 


quired to necount for blockage effects. 

The gradual increase in dreg with Mach number up to drag divergence was 
associated with increased profile drag due to the effect of Mach number on the 


induced velocities. As noted in an earlier section there were no measurable 
shock losses up to the Mach numbers at which drag diverged. 


jn ga of atta c k .. Theoretical angles of attack required to obtain the da. 
Sired section lift coefficients are also shown in figure 10 and are near zero 
at the design or cruise Mach numbers. The difference in angles of attack for 
= n * 0.5 and 0.7 provide an indication of the lift curve slope in this lift 

y*n A 


range 


CONCLUDING REMARKS 


A 10-percent-thick supercritical airfoil based on an off-design sonic 
pressure plateau criterion has been developed and experimental aerodynamic 

characteristics measured. The airfn-n - . 

xne airfoil had good drag rise characteristics over 

a vide range of normal-force coefficients with no measurable shock losses up 
to the Mach numbers at which drag divergence occurre.. for normai-force coeffi- 
cients up to 0.7. Comparisons of experimental and theoretieal characteristics 
were made and composite drag rise characteristics were derived for normal-force 
efficients of 0.5 and 0.7 and a Reynolds number of bo million. 
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TABLE I.- SECTION COORDINATES 

[ e = 63.5 cm (25 in.); airfoil 31 has an upper- 
surface leading-edge radius of 0.0l69c and a 
lower surface leading-edge radius of 0.0176c; 
airfoil 33 has a leading-edge radius of 0.015c; 
My/o) . (y /. Woii m . Cy/0)airfoii ^ 
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TABLE I.- SECTION COORDINATES - Continued 


(y/c ) u Cy/c ^ 



.0462 
.Ok 67 
.Qk71 

.0475 

.0478 

.0481 

.0484 

.0487 

.0489 

.0491 

.0493 

.0495 

.0497 

.0498 

.0499 



.0500 
.0500 
.0500 
.0499 
.0498 
.0497 
.04 95 
.0493 


57 
-.0462 
-.0467 
-.0471 
-.0475 
-.0479 
-.0482 
-.0485 
-.0488 
-.0491 
-.0493 
-.0495 
-.0497 
-.0498 
-.0499 

-.0499 

-.0499 

-.0499 

-.0498 

-.0497 

-.0495 

-.0493 

-.0491 

-.0488 

-.0485 

-.0482 

-.0478 


(y/c ) u (y/c ) 1 


Airfoil 33 


A(y/c) 



.0489 

.0491 

.0493 

.0495 

.0496 

.0497 

.0498 

.0499 

.0500 

.0500 

.0500 


-.0460 

-.0484 

-.0487 

-.0490 

-.0493 

-.0495 

-.0497 

-.0499 

-.0500 

-.0501 


-.0495 

-.0492 

-.0488 

-.0484 


.0001 


.0002 

.0002 

.0002 

.0002 

.0002 



-.0004 

-.0005 

-.0006 

-.0006 

-.0007 

-.0007 

-.0006 

-.0006 





















































Figure I. - Sketches of 10-percent -thick supercritical airfoils 31 
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Figure 3/- Concluded. 
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End view, section A- A 

(a) Alrfol! mounted In tunnel. 


Figure 4.- Apparatus dimensions In terms of chord, c = 63.5 cm 125.0 In.). 
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(b) Profile drag rake. 
Figure 4.- Concluded. 
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Figure 7. - 
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Figure 9. - Drag Increment due to shock wave losses. 
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Figure 10. - Composite drag-rise curves and theoretical angles of attack 
for 10-percent-thtck supercritical airfoil 33. 
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9. - Concluded. 












Figure li. - Continued. 




Figure II. - Chordwise pressure thick supercritical airfoil 33. M = 0. 50. 








Figure II.- Continued. 















Figure 12.- Chordwise pressure distributions for 10-percent thick supercritical airfoil 33. M = 0.60. 













p, sonic 



CONFIDENTIAL 



Figure 12. - Continued. 
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Figure 12.- Concluded. 







Figure 12.- Continued. 
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Figure 13.- Continued. 
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Figure i4. - Chordwise pressure distributions for 10-percent thick supercritical airfoil 33. M = 0.74. 
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Figure 13.- Concluded. 
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Figure 14.- Continued. 




Figure 14.- Continued. 





















Figure 14.- Continued. 



Figure 15. - Continued. 










Figure 15.- Continued. 



Figure 15.- Continued. 



Figure 16.- Chordwise pressure distributions for 10-percent thick supercritical airfoil 33. M - 0.77. 
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Figure 16.- Continued. 






Figure 16 .- Continued. 









ure 16.- Continued. 




Figure 17. - Continued. 











Figure 17. - Concluded. 
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Figure 18.- Continued. 




Figure 18.- Chordwise pressure distributions for 10-percent thick supercritical airfoil 33. 
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Figure 18.- Concluded. 













Figure 18.- Continued. 
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Figure 19.- Chordwise pressure distributions for 10-percent thick supercritical airfoil 33. M = 0.80. 





Figure 19.- Continued. 



Figure 19. - Concluded. 
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Figure 19.- Continued. 
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Figure 20.- Chordwise pressure distributions for 10-percent thick supercritical airfoil 33. M = 0.81. 
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Figure 21. - Concluded. 


- Theory M=0.76l a = -O.I4 c z =0.707 c d =0.0076 

Experiment M=0.770 a = .97° c n =0.707 c d =0.0077 



Figure 24.- Comparison of theoretical and experimental characteristics for the 10-percent-thick experimental supercritical airfoil 33. 




